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Abstract 

The most frequently used inspection methods, i.e., visual examination, dye penetrant examination, magnetic particle examination, eddy current examination, and ultrasonic examination, are, for the most part, eﬀective and reliable. There have been instances, however, particularly in the aviation ﬁeld, where the designated methods of inspection were not able to detect cracks, and as a result catastrophic failures occurred. In the aviation ﬁeld, when major-accidents occur there is usually a thorough investigation to determine the cause. We are fortunate the accident reports concerning such events are made public, so that engineers can learn from the mistakes which led to an accident and take corrective action to prevent a recurrence of such accidents. The present paper discusses a number of cases wherein faulty inspection procedures resulted in accidents. These cases are based upon published reports as well as personal experiences, and will deal with the crashes which involved: a 707 freighter (visual examination), a DC-10 (dye penetrant), a small passenger plane (magnetic particle), a 737 (eddy currents), and a 747 freighter (ultrasonics). 
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1.Introduction 

An important purpose of a failure analysis is to discover shortcomings in design, material selection and inspection procedures in order to prevent a recurrence of the type of failure under investigation. To reach this goal it is necessary that the results of a failure analysis be made available to as wide an audience of concerned designers and inspectors as possible, and this conference helps to do just that. It is also fortunate that many major disasters, particularly in the aircraft ﬁeld, have been thoroughly investigated and the ﬁndings published. On the other hand it is unfortunate that the circumstances surrounding many failures in the industrial sector and in product liability cases are not publicized, with the result that these failures often recur. This paper will focus on the shortcomings of inspection methods, in the hope that a greater awareness of these limitations will lead to improved structural performance in the future. The cases to be discussed will be drawn fromthe aviation ﬁeld, but the lessons involved have general applicability. 
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2.Case studies 

2.1.A problem with visual inspection 

On 14 May 1977 at 09:33 a Boeing 707-321C cargo plane, G-BEPB, operated by Dan Air crashed in good weather near Lusaka International Airport in Zambia with the loss of six lives. The aircraft had seen a total of 47,621 airframe hours and a total of 16,723 landings, 16,285 of which having occurred while the plane was in passenger service with Pan Am. The accident was caused by the in-ﬂight separation of the right hand horizontal stabilizer and elevator of the tail assembly. Examination of the wreckage indicated that the cause of failure was a fatigue crack which had originated at a rivet hole in the top chord of the rear spar of the horizontal stabilizer due to fretting. The skin of the stabilizer was attached to the ﬂanges of the spar in a manner which exposed an area of the top chord, which made that portion of the top chord available for visual inspection. 
The original Boeing 707-300 series stabilizer diﬀered fromthe earlier 100 series by having increased span and a rear spar consisting of three chords rather than two. The horizontal stabilizer structure of the 300 series is shown in Fig. 1. Under normal conditions of loading the center chord was designed to carry no load. The rear spar was redesigned because in the event of a top cord failure, the failsafe capability of the original 100 series structure would not have been able to cope with the increased loads associated with the larger 300 stabilizer. During the ﬂight test programa lack of stabilizer torsional stiﬀness becam 

Fig. 1. Horizontal stabilizer structure of the Boeing 707-300 series 1 [1]. 
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apparent, and this was cured in the case of the top skin by substituting a stainless steel for the original aluminum alloy. However it was not recognized that this change, although increasing the static strength, would lead to a redistribution of stress which signiﬁcantly reduced the fatigue strength. Further, the design was certiﬁcated on the basis that it was failsafe, not as the result of fatigue tests. 
The fatigue crack originated in the upper edge of the eleventh skin fastener hole in the top chord forward ﬂange. Rivet holes inboard of the eleventh fastener hole were found to be distorted, an indication that there had been, over time, a redistribution of stress which was why the fatigue crack did not originate at the originally more highly stressed inner fasteners. Details of the fatigue fracture can be seen in Fig. 2. Examination of the fatigue striations indicated that the crack had been growing for some 7200 ﬂights before chord failure occurred. Once the rear spar top chord failed, the structure could not sustain the ﬂight loads imposed upon it long enough to enable the failure to be detected at the next scheduled inspection. It cannot therefore be considered to be failsafe. 
With respect to the inspection procedures, only visual inspections of the top chord of the rear spar were 
carried out, and the last visual inspection was done 176 landings prior to the accident at a time when top 
chord of the rear spar was already partially cracked. Post accident ﬂeet inspections revealed that partial 
cracks in the chord, although visible to the naked eye when their precise location is known, are for all 
practical purposes undetectable visually. It follows therefore that the recommended inspection could not have 
been expected to detect the crack in the chord of the accident aircraft unless the visual check occurred during 
the interval between top chord severance and total spar failure, which was not so in this case. If the structure 
had worked in the expected manner, the strength reserve would have been suﬃcient to allow the crack to 
progress across the top chord, at which point the crack should open up suﬃciently to allow detection in the 
next visual check [1]. The accident report concluded that neither the inspections detailed in the approved 
maintenance schedule nor those recommended by the manufacturer were adequate to detect partial cracks 
in the horizontal stabilizer rear spar top chord, but would probably have been adequate for the detection 
of a completely fractured top chord. 

Fig. 2. Fatigue fracture details. Top chord of the rear spar of the horizontal stabilizer [1]. 
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It was concluded that the accident was due to a combination of metal fatigue and inadequate failsafe design in the rear spar structure. Shortcomings in design assessment, certiﬁcation and inspection procedures were contributory factors [1]. 

2.2.Problems with dye penetrant inspections 

2.2.1.Uncontained engine failure [2]: case 1 
On 6 July, 1996 at 14:24 a McDonald Douglas MD-88, N927DA, operated by Delta Airlines, experienced an engine failure during the initial part of its take oﬀ roll at the Pensacola, Florida airport. Uncontained engine debris fromthe front compressor front hub (fan hub) of the No. 1 (left) engine penetrated the left aft fuselage. The takeoﬀ was aborted and the plane was stopped on the runway [2]. Two passengers were killed and two other were seriously injured. 
The No. 1 engine, a Pratt and Whitney JT8D-219 turbofan, was destroyed. Delta was the original operator of the engine. The left engine’s fan hub had a total time of 16,542 h and 13,835 cycles at the time of the accident and would have been retired after a total of 20,000 cycles. The Ti-6Al-4V fan hub was forged by the Ladish Company and then machined, ﬁnished and inspected by the Volvo Aero Corporation in Sweden. The hub consisted of a disk forging that held 34 fan blades in dovetail slots. The aft end of the hub attached to the stage 1.5 disk with 24 tierods that passed through 13.1 mm diameter tierod holes drilled in the hub rimjust inside of the dovetail slots. The 73.9 mmdeep tierod holes were located around the circumference of the hub bore and alternated with 24 smaller diameter stress redistribution (SR) holes as shown in Fig. 3. The fan hub was designated as a safe life part (20,000 cycles) and did not have to be inspected if it was not removed from the engine. FPI and visual inspections were conducted on fan hubs at the Delta overhaul facility only if they were removed during engine overhaul or disassembly. 
Post-accident failure analysis showed that a fatigue crack had initiated at a tierod hole in the fan hub assembly. The holes of the fan hub had been visually inspected by Delta after 4456 cycles following foreign object damage to the fan blades. The holes were cleaned and a three-power magnifying glass was used. No reworking of the part occurred after the inspection. After 12,693 cycles the hub assembly was removed for 

Fig. 3. Pratt and Whitney JT8D-200 series engine fan hub [2]. 
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maintenance work and again inspected, this time by both ﬂuorescent particle inspection (FPI) and visual examination. At the time of the accident the fan hub assembly had accumulated 1142 additional cycles since the time of the last inspection. 
The fracture surface contained two fatigue crack origins within one cmof the aft end of the tierod hole. At the time of the FPI inspection conducted by Delta the two fatigue cracks from these origins had merged to forma corner crack 2 cmin radius. At the tim of ﬁnal separation the radius of the fatigue region had increased to 3.5 cm. Examination of the surface of the hole wall revealed that the surface ﬁnish at the fatigue origins was darker than in the surrounding area. In addition, a series of parallel surface cracks aligned with the longitudinal axis of the hole was observed. 
Two main questions arise. One has to do with why did the fatigue cracks initiate, the other with why the FPI procedure failed to reveal the presence of a detectable fatigue crack. The answer to the ﬁrst question is related to the machining procedure used by Volvo. Metallurgical examination of one of the fatigue origins showed three zones of altered microstucture adjacent to the hole wall surface corresponding to the darkened surface areas on the hole wall. The microstructural zone closest to the hole wall surface was about 
0.05mm deep. This depth corresponded to the depth at which indications of overstress were observed. This zone was heavily layered with recrystallized alpha grains, indicating that the surface temperature had reached at least 650 C, the minimum recrystallization temperature for titanium. The oxygen content of this zone was found to be 7% in comparison with a normal level of from 0.15 to 0.2%. The hardness of the zone was Rc 52 as compared with a hardness of Rc value of 34 to 36 away fromthis zone, i.e., a hard alpha case had been created during machining. The grains below a depth of 0.05 mm up to depth of 0.150 mm were heavily deformed and elongated parallel to the surface. Below this region to a depth of 0.25 mm the microstructure was distorted in a curved pattern, consistent with the metal having been deformed by bearing pressures froma rotating tool during the m nufacturing process. 
The 24 tierod and SR holes were drilled using a drill which was designed to use coolant streams to ﬂush titaniumchips fromthe hole in a ‘‘one-pass’’ drilling process. The coolant channel drill was used in place of a standard drill that was removed periodically during drilling to clear chips from the hole. A blue etch anodize (BEA) inspection procedure was used after machining to detect defects such as alpha and beta segregation, excessive grain growth, forging laps, and beta ﬂecks. The BEA process involves etching in an acid/salt solution to clean the surface, anodizing in a tri-sodiumphosphate solution, and etching again in a nitric/hydroﬂuoric acid solution. 
The anodizing step produces a dark blue coating on the part. The ﬁnal etching step removes some of the blue surface coloration, creating a contrast between anomalies and the normal surface indication. Six color pictures of rejectable defects were provided by Pratt and Whitney to help identify anomalies. However, in the case of the failed fan hub the process, as it was then used, failed to detect the anomalous microstructure of the critical tierod hole. 
The accident board concluded that some form of drill breakage or drill breakdown, combined with a localized loss of coolant and chip packing occurred during the machining process creating the altered microstructure and cracking in the accident fan blade. Fatigue cracks began propagation almost immediately after the hub was put into service in 1990. 
The main question confronting the investigators was why was the fatigue crack not detected at the time of the ﬂuorescent penetration inspection? The Delta FPI procedure involved: cleaning, FPI processing (dye penetrant application, emulsiﬁcation, drying and development), and ﬁnal inspection. 
Of these various steps in the FPI, the cleaning process was suspect. It involved placing the fan hub in a degreaser cleaning solvent for about 30 min and then rinsing in cold circulating water. The fan hub was then soaked in a soap and water mixture for about 10 min and then rinsed again. It was then soaked in a vat of graphite stripper for up to 4 h, followed by rinsing in a bath of hot water (65-95 C) until the hub was at the bath temperature. Then it was removed and ‘‘ﬂash’’ dried before penetrant was applied. The limitations of the drying process included the entrapment of water into areas that are not readily visible. If 
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there is water in a defect it will make it diﬃcult or impossible for penetrant entry to occur. (Another 
manufacturer requires that life-limited parts be oven dried before penetrant is applied.) The fact that no 
evidence of dye penetrant residue was found on the fracture surface lends support to the water entrapment 
theory. 
After ﬂash drying the fan hub was subjected to plastic bead peening which is designed to remove any antigalling compound or oil remaining on the hub following its ﬁnal wash. The hub was then soaked in dye penetrant for about 30 min. The hub was spray rinsed with water after being removed from the dye vat and then placed into an emulsiﬁer (a liquid agent that must be applied to the non-washable dye penetrant to allow water rinsing) for up to 90 s. The hub was spray rinsed again and placed in a drying oven for about 10min at 70 C. After the fan hub was removed from the dryer, dry developer powder was then sprayed on using a spray gun, however it was found that the developer dust did not cover the entire depth of the holes in the hub. The parts must be inspected within 2 h after the application of the developer dust. 
The Delta FPI inspector who examined the accident hub could not recall ever ﬁnding a crack on a-219 series hub. He described the FPI inspection process as being tedious, taking between 40 min and 2 h. He stated that it was very diﬃcult to do a complete 360 inspection of the 75 mm deep holes in the fan hub. It was concluded that an inadvertent failure of the inspector to systematically search and complete follow up diagnosis when necessary on all surfaces of the hub might have caused the inspector to overlook the crack. In addition, a low expectation of ﬁnding a crack in a-219 series fan hub might have caused the FPI inspector to overlook or minimize the signiﬁcance of an indication. 
The probable cause of the accident was the failure of Delta Air Lines’ FPI procedure to detect a detect 
able fatigue crack initiating froman area of altered mcrostucture that was created during the drilling 
process. 

2.2.2.Uncontained engine failure [3]: case 2 
On 19 July, 1989 a United Airlines McDonnell Douglas DC-10-10 crashed at the Sioux City, Iowa Airport following the uncontained failure of the rear engine during ﬂight. There were 111 fatalities and 185 survivors. 
The accident airplane, N1819U, was delivered in 1971 and was owned by UAL since that time. It was powered by GE CF6-6D, high bypass ratio, turbofan engines. The total time on the failed engine was 42,436 h and the total number of cycles was 16,899. Failure analysis revealed the accident was the result of a fatigue crack which initiated in the bore of the stage 1 Ti-6Al-4V rotor disk assembly. 
The fatigue crack initiated at a small cavity, 1.4 mm by 1.4 mm and 0.4 mm deep on the surface of the 
disk bore about 22 mm aft of the forward face of the bore. A nitrogen-stabilized hard alpha inclusion 
surrounded the cavity. It was thought that the ﬁnal bore-machining operation had produced the cavity, 
which served to initiate the fatigue crack. Analysis of the fatigue striations indicated that the fatigue crack 
had begun to propagate as soon as the engine had entered service, 18 years before the accident. The disk 
had been produced from a double-vacuum-melted forging. Today, triple-vacuum-melting is used to mini 
mize the possibility of the presence of the hard alpha phase, although the rupture in 1983 of a GE CFM-56 
triple-melted stage I high-pressure compressor rotor disk having only 256 cycles, which was caused by an 
undetected hard alpha defect, illustrates that even this melting procedure is not 100% eﬀective in avoiding 
problems due to hard alpha. 
During the manufacturing process the disk or disk material underwent four nondestructive inspections for the purpose of detecting the presence of anomalies, both internally and on the surface. These inspections included a contact-ultrasonic inspection of the billet, and an immersion-ultrasonic inspection of the disk forging after machining to the rectilinear machine forged state. GE also performed a macroetch inspection on the rectilinear machine forged shape. This inspection highlights microstructural changes or anomalies on the surface. The ﬁnal inspection performed on the accident disk before it entered service was an FPI, and no anomalies were found. 
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After the disk entered service, six FPI inspections were performed on the accident fan disk over its service life by UAL, including one 760 cycles before the accident. At the time of the ﬁnal inspection the fatigue crack had grown to a detectable length of 13 mm. A discolored area created by the last FPI was found on the fracture surface which further indicated that the crack should have been detected. The NTSB determined that the probable cause of the accident was the inadequate consideration given to human factors limitations in the inspection and quality control procedures used by UAL’s engine overhaul facility which resulted in the failure to detect a fatigue crack emanating from a previously undetected metallurgical defect located in a critical area of the Stage 1 fan disk. 

2.3.A problem with eddy-current inspection [4] 

In 1988, a Boeing 737-200 operated by Aloha Airlines while en route fromHilo to Honolulu, Hawaii experienced an explosive decompression and structural failure as the plane leveled at 24,000 feet. Approximately 18 feet of the cabin skin and structure aft of the cabin entrance door and above the passenger ﬂoor had separated fromthe airplane. There were 89.passengers and 6 crewm mbers on board. One ﬂight attendant was swept overboard and 7 passengers and 1 ﬂight attendant received serious injuries. An emergency landing was made on the island of Maui. As a result of the accident the airplane was damaged beyond repair and was dismantled and sold for scrap. 
The accident B-737 was manufactured in 1969. At the time of the accident it had acquired 35,496 ﬂight 
hours and 89,680 ﬂight cycles (landings), the second highest number of cycles in the worldwide 737 ﬂeet. 
Due to the short distance between destinations on some Aloha Airline routes the full pressurization 
of 52 kPa (7.5 psi) was not reached on every ﬂight. Therefore the number of full pressure cycles was signiﬁ 
cantly less than 89,680. The plane had also been exposed to warm, humid, maritime air which promoted 
corrosion. 
Failure was found to have initiated along a fuselage skin longitudinal lap joint which had been ‘‘cold 
bonded’’. The cold bonding process utilizes an epoxy impregnated woven ‘‘scrim’’ cloth to join the long 
itudinal edges of the single thickness 0.036-inch skin panels together. In addition, the joint contained three 
rows of countersunk rivets. Fuselage hoop loads were intended to be transferred through the bonded joint, 
rather than through the rivets, allowing for thinner skin with no degradation in fatigue life. However, early 
service history with production B-737 airplanes revealed that diﬃculties were encountered with the bond 
ing process, and it was discontinued after 1972. In order to safeguard those B-737 planes that had been 
‘‘cold bonded’’, Boeing issued a number of service bulletins over a period of time directing the attention of 
operators to the problemof disbonding and provided inform tion on how to check for disbanding using 
the eddy current non-destructive examination (NDE) method. In 1987, the FAA issued an airworthiness 
directive (AD) requiring that eddy current inspections of the bonds and repairs, if needed, be carried out in 
compliance with the Boeing service bulletins. Some of the bonds had low environmental durability, with 
susceptibility to corrosion. Some areas of the lap joints did not bond at all, and moisture and corrosion 
could contribute to further disbonding. When disbonding did occur, the hoop load transfer though the 
joint was borne by the three rows of countersunk rivets. However the countersinking extended through 
the entire thickness of the 0.036-inch sheet which resulted in a knife edge being created at the bottomof 
the hole which concentrated stress and promoted fatigue crack nucleation. For this reason, fatigue cracking 
would be expected to begin in the outer layer of the skin along the lap joint along the upper, more highly 
stressed, row of rivet holes. 
The NTSB (US National Transportation Safety Board) believed that the top rivet row was cracked at the critical lap joint before the accident ﬂight takeoﬀ, and determined that the probable cause of the accident was the failure of the Aloha Airlines maintenance program to detect the presence of the signiﬁcant debonding and fatigue damage which ultimately led to the failure of the lap joint and the separation of the fuselage upper lobe. This accident was signiﬁcant in that it brought attention to some of the corrosion and 
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fatigue problems that could develop in aging aircraft. It also focused attention on the problem of multiple 
site damage (MSD), i.e., the formation and possible linking up of fatigue cracks formed at adjacent rivet 
holes. 

2.4.Problems with magnetic particle inspection 

2.4.1.Uncontained engine failure [5] 
On 8 June 1995, as a Douglas DC-9-32, N908VJ, operated by ValueJet Airlines, began its takeoﬀ roll at 
the Atlanta International Airport a loud bang was heard. Shrapnel fromthe right engine penetrated the 
fuselage and the right main engine fuel line, and a ﬁre erupted. The airplane was stopped on the runway 
and evacuated. A ﬂight attendant was seriously injured, and another ﬂight attendant and ﬁve passengers 
suﬀered minor injuries. Fifty-ﬁve others on board were not injured. Failure of the engine had occurred 
because of the growth to critical size of an undetected fatigue crack in the 7th stage high pressure com 
pressor disk. 
The airplane was powered by two Pratt and Whitney JT8D-9A turbofan engines. The failed engine had been obtained fromTurk Hava Yollari (THY) A. O., Turkish Airlines, in 1994. It was installed on the airplane in March 1995. Maintenance records for the engine indicated that the 7th stage disk had accumulated 24,101 h and 16,340 cycles. It had a life limit of 30,000 h or 18,932 cycles. The disk was made of a low alloy steel, AISI 9310 (0.1C, 1.2 Cr, 3.25 Ni, 0.12 Mo. 0.55 Mn). The disk contained 12 tierod holes and 12 slightly smaller stress relief (SR) holes. SEM examination established that the critical fatigue crack originated from numerous corrosion pits in a SR hole wall and progressed 6.9 mm radially inboard and 
22.25mm radially outboard before reaching critical size. Energy dispersive X-ray analysis of the pits revealed cadmium-rich deposits with some nickel. Cadmium rich deposits were also found on the fracture surface adjacent to the pits and hole wall. It was estimated that at least 9500 striations, each representing one ground-air-ground ﬂight cycle were present, and with this information it was estimated that the outboard crack, 13 mm in length at the time of the last ﬂuorescent magnetic particle inspection (FMPI) in 1991,was certainly detectable. 
THY maintenance records indicated that the disk had accumulated 18,477 h and 11,907 cycles at that 
time, 4433 cycles before the accident. The director of THY’s overhaul shop stated that a FMPI inspection 
had been performed during that time, but that only the tierod holes were checked, not the SR holes, 
because the P&W engine manual only required the tierod holes to be inspected. He further stated that 
per THY’s procedures in 1991 nickel-cadmium plating would not have been removed from a JT8D 
HPC disk if there were 0.08 mm or less deep corrosion pits on the surface of the disk, provided such 
pits were not located in the tierod holes or the bore area. At that time he stated that it was necessary 
to search for and remove corrosion pits from the SR holes only if their depth was over 0.08 mm. The 
presence of cadmium on the fracture surface indicates that the original nickel-cadmium coating had 
been stripped prior to inspection, in accord with P&W instructions, and that the disk had been recoated 
after inspection. 
The NTSB stated that a properly performed inspection should have detected a 13 mm crack at the time of the THY overhaul in 1991. During an MPI inspection, the entire disk is magnetized and magnetic particles are applied to the disk. The SR holes would inescapably be included in this type of inspection because of their proximity to the tierod holes, and the 13 mm crack would have been readily visible, not only inside the SR hole, but along the surface of the disk. During an FMPI inspection, the entire disk is not only magnetized but is also covered in a solution containing ﬂuorescent iron particles that would further highlight any defects. The NTSB concluded that THY did not performa proper inspection of the disk when the disk was overhauled in 1991. Had the THY repair station accomplished a proper inspection of the 7th stage high compressor disk, the crack would probably have been detected, the part rejected, and consequently, the accident may have been avoided. 
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2.4.2.Crankshaft failure [6] 
A single-engine, piston/propeller, four passenger private plane had taken oﬀ with a pilot and two pas 
sengers, when shortly after the take-oﬀ power was lost. The pilot attempted an emergency landing but 
unfortunately the plane struck power lines and all perished. It was subsequently determined that the 
immediate cause of the accident was the fatigue failure of the crankshaft. Since the crankshaft had been 
examined by the magnetic particle method only 80 ﬂight hours prior to the crash without detecting a 
defect, the organization that carried out the inspection was accused of negligence. 
The crankshaft was a 4340 low-alloy steel forging. At the time of manufacture it had been nitrided to 
improve both its wear and fatigue resistance. After 2000 h in service the crankshaft had been worn enough 
to warrant surface reﬁnishing by grinding and renitriding. After an additional 1000 h of service the engine 
was overhauled. No work was done on the crankshaft, but because it had been removed from the engine 
during the overhaul it was inspected by the magnetic particle method in accord with regulations. Eighty 
ﬂight hours later the accident occurred. Examination of the failed crankshaft revealed that in addition to 
the fatal fatigue crack, a number of additional small surface cracks were present. It is thought that these 
cracks are grinding cracks which had been introduced at the time of 2000 h overhaul. The cracks are ﬁlled 
with a white substance which is related to the renitriding process. This material is Fe4N and is a by-pro 
duct of nitriding. Where it forms on the smooth surface of the crankshaft it is easily removed by polishing 
prior to putting the crankshaft back into service. It is of signiﬁcance that the magnetic characteristics of the 
Fe4N phase are quite similar to those of 4340 steel, the implication being that if a tight crack such as a 
grinding crack is completely full of this phase, then in a magnetic ﬁeld there will be no disruption of the 
ﬂux lines and the crack will go undetected if examined by the magnetic particle method. To check on this 
possibility a fatigue crack was grown in a 4340 compact specimen, and the specimen was examined by the 
mag particle method. The mag particles clearly outlined the fatigue crack. The specimen was then nitrided 
and re-examined by the magnetic particle method. After nitriding the fatigue crack could no longer be 
detected by the mag particle method. 
Based upon an analysis of the fatigue striations on the failed crankshaft it appears that the grinding cracks did not propagate until after the second overhaul. An increase in the compression ratio at that time may have raised the stress intensity factor at the critical grinding crack to a level above the propagation threshold. This is an example of a fatigue failure whose root cause was a poor inspection procedure. 
The conclusion drawn is the organization that performed the last mag particle inspection had not been negligent. It was not possible to detect the small grinding cracks after nitriding. It was the organization that performed the 2000 h overhaul that was at fault, for they should have inspected the crankshaft by the mag particle method after grinding and prior to renitriding. 

2.5.A problem with ultrasonic inspection [6] 

In December 1969 an F-111A was involved in an accident during a training mission. During a pull-up froma pass over a target area, the left wing separated in ﬂight and the aircraft crashed. In the investigation a surface ﬂaw, 23 mm in length and 6 mm in depth, was found in the wing pivot ﬁtting. A small band of fatigue striations, approximately 0.5 mm in extent, was found on the periphery of the ﬂaw and was attributed to the 104.6 h of ﬂight operations prior to the accident. It was determined that the ﬂaw had been initiated during the hot-forging process and had extended during the subsequent cool-down. The ﬂaw had escaped detection during inspection primarily because the ﬂux ﬁelds used with magnetic particle inspection were inadequate for a tight ﬂaw in a part of the unusual shape and size of the wing pivot ﬁtting. Also, the sound wave transmission during ultrasonic inspection had been directed almost parallel to the ﬂaw surfaces and the reﬂected signal was insuﬃcient to detect the ﬂaw. 
In the pulse-echo ultrasonic inspection technique, two main reﬂections are observed on the CRT. One of these is the front face reﬂection, the other is the back face reﬂection. If a crack of suﬃcient length is present 

176 A.J. McEvily / Engineering Failure Analysis 11 (2004) 167-176 

and is positioned approximately normal to the ultrasonic signal, a third reﬂection will be present, usually 
of lower intensity and positioned between the front and back reﬂections on the CRT. It is common for the 
technician carrying out the examination to be trained to look for an indication between the front and back 
reﬂections. However, if the crack were oriented at a large angle to the beam, the reﬂected signal might be 
deﬂected away fromthe detector and not be observed on the CRT. Even if the return signal did reach the 
detector after internal reﬂections, the signal might appear on the CRT beyond the back face reﬂection 
because of a longer path length, rather than in the position expected by the technician. In setting up 
the inspection standards it is therefore important that the orientation of possible ﬂaws be taken into 
consideration. 

3.Concluding remarks 

The various types of inspection procedures described above are all well established and generally quite eﬀective when properly carried out. However, it is important that the speciﬁer of a given inspection procedure be aware of any shortcomings associated with that procedure. In some cases a degree of redundancy may be called for. In addition, the importance of human factors should not be underestimated. 
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